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Abstract

A method is described for the inverse design of complex coolant flow passage shapes in internally cooled turbine blades.
This method is a refinement and extension of 2 method developed by the authors for designing & single coolant hole in turbine
blades. The new method allows the turbine designer to specify the number of holes the turbine blade is to have. In addition.
the turbine designer may specify that certain portions of the interior coolant flow passage geometry are to remain fined (e.g.
struts, surface coolant ejectior channels, etc.). Like the original design method, the designer must specify the outer blade surface
temperature and heat flux distribution and the desired interior coolant flow passage surface temperature distributions. This
solution procedure involves satisfying the dual Dirichlet and Neumann specified boundary conditions of temperature and heat
flux on the outer boundary of the airfoil while iteratively modifying the shapes of the coolant flow passages using a least squares
optimization procedure that minimizes the error in satisfying the specified Dirichlet temperature boundary condition on the
surface of each of the evolving interior holes. Portions of the inner geometry that are specified to be fixed are not modified.
A first order panel method is used to solve Laplace’s equation for the steady heat conduction within the solid portions of the

hollow blade, making the inverse design procedure very efficient and applicable to realistic geometries. Results are presented
for a realistic turbine blade design problem.

Nomenclature H = arc length along a panel
T = specified temperature
d = optimizatjon search direction vector X = x-coordinate of the z-plane
e = vector of errors in satisfying the hole bound- X = vector containing both x and y coordinates
ary conditions of points in the z-plane
E = global error function = L* -nom of e y = y-coordinate of the z-plane
g = gradient of E = VE z = coordinate in the complex plane z = x + 1y
H = Hessian of E = 3’ E/0X;0X; z = panel control point coordinaie
i = complex number i = v/ =1 (also used as z* = panel end point coordinate
integer index) ij.m,p = indices
1 = temperature influence coefficient
J = heat flux influence coefficient Greek Symbols
k = strength of a source or sink a = line search parameter in optimization pro-
N = number of panels on the inner and outer cedure
contours 1 if end point is allowed to move
Np = number of holes B = 0 if end point is fixed
Ni = number of panels on thei'thhole (1 € i < € = aeb — aisanelementof b
- Nn) A = coefficient of heat conduction
q = specified heat flux 2 = closed contour in the z-plane
RN = the N-dimensional real vector space ¢ = temperature
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Subscripts

airfoil surface
coolant/airfoil interface surface
(inner hole boundary)

o = particular point

Superscripts

n = jteration number

T = transpose of a vector or matrix
~ = panel control point

* = panel end point

Introduction

The need for highly efficient turbomachinery
has become clear in the past decade due to rising
fuel costs. At the same time, the costs of large scale
testing of new designs have also escalated, making
preliminary design using computational methods
more attractive.

Due to its inherent complexity, the design of
internally cooled turbine airfoils has traditionally
been accomplished using various approximate and
empirical techniques. At the present time, the shapes

' locations of internal (coolant) flow passages
are determined from a complex system of inter-
connected computer codes capable of analyzing
coolant flow, hot gas flow, heat transfer, aeroelas-
ticity, weight etc. Nevertheless, this represents
a design method that is based on repetitive analysis
and modifications. An inverse design on the other
hand offers substantial savings and exact fulfilment
of specific design objectives.

This paper describes a method for the inverse
design and analysis of complex, multiholed coolant
flow passages taking into account only the steady
heat conduction in the solid walls of internally
cooled turbine airfoils. In particular, this work
is an extension of a method /1, 2, 3/ developed
by the authors for the inverse design of a single
coolant flow passage shape in an internaily cocled
turbine cascade airfoil. The present method can
be used for more realistic problems where portions
of the coolant flow passage contours can be fixed
to represent struts and surface coolant ejection
channels. This inverse design technique allows the
airfoil designer to specify the desired temperature

- heat flux at each point on the turbine airfoil
_.ter surface, using whatever rational criteria he
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chooses (thermal stress considerations, coolant
flow availability, effects on the outer flow field,
etc.). Thus, the use of this technique allows the
designer almost complete control over the tem-
perature field within the solid portions of the hollow
airfoil. Potential savings from using this design
method include the possibility of achieving higher
turbine inlet temperatures and therefore higher
stage efficiency, lower coolant flow rates (implying
less bleed-air-induced compressor losses), and an
overall increase in the engine’s efficiency and re-
liability (burn-through and thermal stress problems
are alleviated). It should be noted that existing
internally cooled turbine airfoil cascades can also
be analyzed using this technique, and can possibly
be redesigned for better performance.

The Global Inverse Design Concept

The first step in this inverse design procedure
is the specification of only one thermal boundary
condition on the airfoil outer surface. This con-
dition can be either the temperature or the heat
flux distribution. The hot gas flow field exterior
to the blade can be calculated numerically using,
say, an inviscid flow model /4/ coupled with an
appropniate boundary layer model /5, 6/. Instead
of using these viscous/inviscid coupling concepts
the Navier-Stokes equations /7/ could be used.
Regardless of what flow solver is used for the de-
termination of the exterior flow, the end result
of the flow field calculation will be the remaining
airfoil outer surface quantity (temperature or heat
flux) that was not initially specified. Alternatively,
experimental data in the form of a Nusselt number
distribution could be used with a specified surface
temperature distribution to obtain the surface heat
flux distribution. Thus, the dual boundary conditions
of temperature and heat flux on the airfoil outer
surface can be obtained and are assumed to be
given. Consequently, our inverse design procedure
focuses solely on the steady state heat conduction
problem in the solid portions of the airfoil.

The designer must specifv the number of holes
that the cooled airfoil is to have, an initial guess
for the shapes and positions of these holes, the
portions of the holes that are to remain fixed and
the desired temperature on the surface of each of
the holes.

The steady conduction of heat within the solid
portions of the airfoil is found by solving Laplace’s
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equation while imposing the dual boundary con-
ditions of temperature and heat flux on the outer
surface of the airfoil. Since both Dirichlet and Neu-
mann conditions are imposed at each point of the
airfoil outer surface, the problem would be ill-
posed if we explicitly enforced any thermal boundary
conditions on the inner hole boundaries. However,
the desired temperatures on the inner holes are
achieved implicitly by allowing the guessed shapes
and locations of the coolant flow passage contours
to iteratively evolve.

The iterative design procedure begins with the
specification of the initial blade and hole geometry.
Then Laplace’s equation is solved with the afore-
mentioned boundary conditions using a first order
surface panel integral approach. From this solution,
the temperatures at the contro] points of each of
the panels comprising the coolant fluid passage
geometry are calculated. These calculated tempe-
ratures will in general be different from the desired
ones specified by the blade designer. Thus, an opti-
mization procedure is used to modify the inner
hole geometry to minimize the difference between
the calculated and specified temperatures on the
surface of each coolant flow passage. Throughout
the optimization procedure, the dual outer surface
thermal boundary conditions are rigidly enforced
and the airfoil outer surface shape is kept fixed.
When the temperature difference is below a certain
tolerance the optimization process is halted and
the heat flux on the surface of each coolant flow
passage is calculated.

This heat flux alone then serves as an input for
the solution of the coolant fluid flow field which
is not the objective of discussion of this paper.
The solution of the coolant flow field using the
heat flux boundary condition (but not the tem:.
perature boundary condition) will then produce
temperature distributions on the airfoil inner holes
that are generally different from the temperatures
that were just calculated. Thus, the newly found
temperature distributions, or alternatively some
combination of the new temperatures and the old
ones, are used as the new thermal boundary con-
ditions on the surfaces of each inner hole. These
new temperatures are then used with the optimi-
zation procedure to find the new shapes and po-
sitions of the holes that satisfy the new temperature
boundary conditions.

This global iterative process is repeated until
a point is reached at which the airfoil inner surface

]

temperature distributions calculated from the coolant
flow field solution match the temperatures calculated
from Laplace’s equation governing the steady state
heat conduction inside the solid portions of the
cooled airfoil.

This paper only addresses the two-dimensional
heat conduction inverse design problem in blade
cross-sections, although it must be noted that this is
not a limitation of the technique.

Coolant Flow Passage Shape Determination

Keeping in mind that we are addressing only
the heat conduction problem inside the solid por-
tions of the cooled airfoil, we will assume that
the airfoil outer surface shape is to be kept fixed.

Given the temperature and heat flux distributions
on the outer surface, 2, of a given turbine blade
cross-section (Fig. 1), the problem is then to find
the correct shapes and positions of the inner holes
that satisfy all the specified thermal boundary con-
ditions. The three boundary conditions to be sa-
tisfied are: 1) the airfoil outer surface temperature,
Ts. 2) the airfoil outer surface heat flux, qs, and
3) the temperature on the surface of each inner
hole, Tcy, (1 € m < Nyj). The solid portions of
the hollow airfoil are assumed to be homogeneous
and made of a material with a constant coefficient
of heat conduction, A. The heat flow is assumed
to be steady so that the temperature field in the
material satisfies Laplace’s equation

AV2g = 0 (1)

where ¢ is the local temperature in the solid blade
material.

Panel Technique

From potential theory. it is known that a solution
to Laplace’s equation can be found by superimposing
a series of fundamental solutions. This is the basic
principle that panel or singularity distribution integral
methods are based on.

Laplace’s equation is solved using a first order
panel method. The reasons for using a panel method,
as opposed to a finite difference or finite element
field method, are that panel methods are inherently
very efficient, and they are especially suited for
discretization of geometrically irregular  domains.
In addition, the method is well understood, it is
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relatively easy to implement and has been widely
tested in a variety of problems requiring solution
of Laplace’s equation.

“he panel technique described here utilizes straight
pe.cls with a constant heat source strength distri-
bution to represent the heat flow between the outer
contour 2, and the inner holes, Qcp, 1 € m <
Ny (Fig. 2). The temperature induced at a point
Zo by a panel of strength k is given by

¢(z) = kflnlzy — zl ds 2)

where the integration is performed along the panel.
The outer (fixed) contour, £, and the inner (float-
ing) contours, §lcy,, are discretized with an equal
number of straight panels. That is, the total number
of panels on all the inner holes must add up to
the number of panels that discretize the outer con-
tour £

Zitl(Nm) =N (3)

where Np, is the number of panels on the m’th
inner hole. If we number the hole panels consecu-
tively such that the index j is given by

j(m, i) = 2;21(1 -DNj+i I<j<N)
(4)

where 1 <1< N, and 1 € m < Ny, then we denote
the strength of the j'th inner panel (i'th panel on
the m'th hole) by kc¢j (or kc; ). The strength of
the j'th panel on the outer contour £ is then de-
noted by ks;. This gives

N

8(z0) = T (ks SInlzo = 21ds +

+ kejflnizg — zids ] (3)

for the termperature ¢ at any point zo in the com-
plex z-plane.

From Fourier’'s heat conduction law the heat
flux in the direction n at any point z¢ is given by

9 N 9
_7\_5;¢(Zo)=-—)\2—,)=la [ijx

an
x flniz, = zids; + ke [lnlzp - zids;] (6)

The airfoil outer sv Jace thermal boundary con-
ditions of temperature and heat flux are enforced
the control points of the panels. zs;, defined

as the average of the panel end points, zs and
zsj‘ﬂ. Since there are N control points, and we
enforce two boundary conditions at each control
point, we need a total of 2N unknowns to satisfy
the required boundary conditions. From eq. (3)
we see that there are a total of 2N panels on the
outer and inner contours; thus, there are 2N un-
knowns of the problem, namely the strengths of
the source panels ks; and kcj, 1 <j < n. Satisfying
the 2N boundary conditions produces four Nx N
influence coefficient matrices that multiply the
source strengths as

(Isi] [ks;] + [Icyllke;] = [Tsi] @
Usi1ks;1 + Pejllkej] = [=qsi/A]  (8)

This can also be written as the 2N x 2N partitioned
matrix:

Ij Icjllky Ts;
= ®)
Jsy Jeyllkg -gsi/ A
Here. Isjj and lcy denote the influence of the i'th
outer or inner panel on the temperature at the
control point of the j'th outer panel, and Js;; and
Jci; denote the influence of the i'th outer or inner
panel on the heat flux at the control point of the
j'th outer panel. Solving equation (9) gives the
values of ksj and kc; which satisfy the dual thermal
boundary conditions on the outer contour, §2.

The temperature at the control point of each inner
hole panel is then calculated using eq. (2).

Inner Contour Correction

These calculated temperatures on the coolant
flow passage walls will in general be different from
the specified temperatures Te, . 1 < m < Ny. The
next step of the global inverse design procedure
is thus the minimization of the temperature dif-
ference using an optimization procedure.

Define the temperature difference at the j'th
inner panel control point by

e = ¢(2qg) - Tg (10)
and the global error function E by
n n

. » — N 2 T .
E(x_.y_ ) = :J=x(el) =e'e (an

The reason for using the global error function E
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is that setting the e;’s to zero would give N equa-
tions but in 2N unknowns, namely the x and y
coordinates of the end-points of the hole panels.
Thus, we use the formulation

find (x*, y*) e RN such that
E(x*, y*) is minimized Q2)

to render the problem determinate. The gradient
of E is denoted by g(x*,y*) and is a vector of
length 2N (N partials with respect to x* and N
partials with respect to y*). The iterative optimi-
zation procedure is given by

X" = X" - o"dlB0) (13)
where X; is the vector of length 2N formed from
the two vectors of length N, x; and y; (the co-
ordinates of the pane! end-points), d; is the so-
called ‘search direction vector’ (of length 2N), o
is the scalar ‘line search’ parameter, and B(i) is the
index function that specifies which panel end-
points are to remain fixed. The vector d is determined
using either Cauchy’s method of steepest descent
(d = g) or by the Davidon-Fletcher-Powell ‘variable
metric’ method /8/ (d = Hg; H is an updated ap-
proximation to the inverse of the second partial
derivative, or Hessian, matrix BQE/BX;E)X{, 1 <
i € 2N, 1 < j < 2N). The line search parameter
a is determined using Powell’s quadratic search
algorithm /8/.

The gradient g is calculated analytically. This
calculation involves the solution of a 2N x 2N linear

Q

temperature specified N

O
\%\ (\_// / temperature and
\ ' heat flux
\_/ specified

Fig. 1. Geometry and boundary conditions /9/.

system with the same coefficient matrix of equation
(9); however, the LU decomposition of the matrix
is stored from the solution for the pane! strengths
and thus can be used to determine the gradient
vector g with negligible extra computation.

The iterative procedure is concluded when the
maximum error in satisfying the temperature bound-
ary condition on the inner contour is below 2 certain
specified tolerance.

Results

A computer program was developed to implement
the inverse design procedure. Input to the program
includes the outer contour coordinates, temperature
and heat flux distributions, and the desired inner
hole temperatures. In addition, an initial guess
for the position and shape of each inner hole and
the index function B(i), 1 € i < N, must be speci-
fied in the input data.

Results are presented for the case of an actual
turbine airfoil design problem. The design problem
we considered is a turbine airfoil with three coolant
holes (Fig. 1) which was used by Nakata and Araki
9/ as a test case for their boundary element analysis
method. The geometry, temperature, and heat
flux data as given in their paper formed the input
and initial guess for the design problem. The inner
hole geometry was modified to include two struts
and a trailing edge coolant ejection channe! as shown
in Fig. 2.

The holes were discetized with 10 panels on
each hole resulting in a total of 30 panels discretizing

Yoy,

7/

70
S/
/

Fig. 2. Inner and outer contours discretized with panels
(O denotes fixed end points).
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Fig. 3. Constant temperature contours for initial configura-
tion.

the blade surface (Fig. 2). Our program was placed
in analysis mode and the resulting temperatures
on the surface of each coolant hole were calculated.
Figure 3 shows a plot of constant temperature
contours for the initial configuration. Next, we
specified that the desired design temperatures were
to be 20°C less than the calculated ones on each
inner hole panel. The program was then run in
design mode using the new specified coolant hole

Fig. 4 Turbine design for case 1.

surface temperatures. After 29 iterations, the so-
lution converged to the shape shown in Fig. 4.
We also ran the program with temperatures that
were specified to be 40°C less than the calculated
ones. The resulting converged solution (after 34
iterations) for the second design case is shown in
Fig. 5, while Fig. 6 shows the optimization pro-
cedure convergence history. From these figures
one can conclude that physically realistic blade
designs can be efficiently obtained that produce
lower hole surface temperatures while maintaining
the structural integrity of the fixed struts and coolant
ejection channel.

Future Research

There are many possibilities for extending the
present method to more complex problems with
increased accuracy, namely using a higher order
panel technique /10/. A major extension of the
method would be to make it fully three-dimen-
sional by using quadrilateral panels in place of the
outer blade surface (from hub to tip) and the un-
known inner holes /11/. Transpiration cooled con-
figurations could be designed and analyzed also
since the coolant and heat flow through a porous
medium has been shown by Siegel /12/ to be de-
rivable from a potential. One of the most intriguing
applications for this design method would be to
attempt an optimum design of an almost entirely

Fig. 5. Turbine design for case 2.
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shock-free cooled turbine cascade outer flow field
f4/. This quasi-shock-free design procedure would
not entail any modification of the overall shape
of the turbine blade. The shock-free character
of the flow field could possibly be maintained over
a range of operating inlet temperatures, Mach num-
bers. and stagger angles by varying the coolant
flow rate and temperature and keeping the blade
geometry fixed. In addition, the method could
possibly be used to delay the onset of boundary-
layer transition /13/. Most importantly, future
research should involve experimental verification
of the outlined inverse design procedure.

Summary

A procedure has been developed for the efficient
design and analysis of complex coolant flow passage
shapes in internally cooled configurations. The
method is particularly applicable to cooled turbine
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airfoil cascade inverse design but can also be used
for the design of other configurations with non-
adiabatic boundaries such as missile cone tips and
internal combustion engine cvlinders. The designer
is able to specify and fix the temperature or the
heat flux at the turbine airfoil outer surface and
to specify the desired temperature at the coolant/
blade interface surfaces. 1t is also possible to fix
portions of the geometry of the coolant flow pas-
sages to represent struts and surface coolant ejection
channels. The result of the design procedure is
the precise shape and location of each of the interior
coolant flow passage contours (holes) that satisfy
all three of the above thermal boundary conditions.
When coupled with an appropriate flow solver and
stress analysis code, the method provides the gas
turbine engine designer with an efficient and ac-
curate tool for the design of coolant flow passages.
The method is not limited to airfoil cascade design,
but can be used for the design of coolant flow pas-
sages in fully three-dimensional blades.
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